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Experimental Investigation of Three-Dimensional Dynamic Stall
Model Oscillating in Pitch

D. M. Tang* and E. H. Dowellf
Duke University, Durham, North Carolina 27708-0300

The ONERA semiempirical theoretical model for unsteady aerodynamics in the stall regime has been extended
to three-dimensional flow. Parameter identification for the model is obtained from experimental dynamic stall
data for a low AR rectangular wing with a NACA 0012 airfoil profile oscillating in pitch. Excellent correlations
were obtained with the measured data for a three-dimensional linear aerodynamic model and reasonable agree-
ment between theory and test data were obtained for a nonlinear (stalled) aerodynamic model. Qualitatively,
the results obtained for this simple three-dimensional wing are similar to the corresponding data for the two-
dimensional airfoil.

Nomenclature
b = semichord length of wing model
Ch Cd = lift- and drag-force coefficients
Cm = moment coefficient about quarter chord
Cyv, Cc = normal- and chord-force coefficients
Cp = pressure coefficient
c = chord length of wing model
D = drag force
k — reduced frequency
L = lift force
/ = spanwise length
M = pitching moment, about quarter chord
ph plt = lower and upper surface pressure
Re = Reynolds number, Uclv
t = time, s
u — velocity of a uniform flow
x, x = chord wise location, x = x/c
y, y = spanwise location, y = yll
as = static-stall incidence, deg
Aim = residual imaginary transfer function for stalled

aerodynamic part
A/?, = pressure difference at /th measurement point
ARe = residual real transfer function for stalled

aerodynamic part
6 = airfoil incidence, deg
0S = oscillatory amplitude, deg
0() = mean incidence, deg
v — kinematic viscosity
T = time constant
a) = oscillatory frequency, Hz

I. Introduction

I N recent years, the state-space approach has been used
effectively to study the nonlinear aeroelastic problems of

aircraft wings. Since the structural dynamic model of wings
and rotor blades can easily be expressed in state-space form,
the same form of the unsteady aerodynamic airloads is de-
sired. If the unsteady aerodynamic behavior can be repre-
sented by state equations, then they can be easily coupled to
the structural equations of motion to construct a set of first-
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order ordinary differential equations (ODEs) to be solved by
time-domain methods. The ONERA dynamic stall model de-
veloped by Tran and Petot1 is a particularly useful aerody-
namic model. This model describes unsteady aerodynamic
forces and dynamic stall in terms of differential equations that
describe the lift, drag, and moment coefficients of the section
element for a one-dimensional structure. The two-dimen-
sional incompressible aerodynamic theory was used. The
aerodynamic flow variation along the spanwise direction is
ignored. Therefore, the ONERA model in its present form
is only usable for a large AR wing or helicopter rotor blade.

For a low AR wing, the spanwise aerodynamic variation
can no longer be neglected. This is because the lifting surface
may have spanwise and chordwise dimensions of the same
order of magnitude, and also the spanwise and chordwise
components of flow and normal stresses have nearly equal
proportions. There are many linear theoretical methods for
calculating the pressure distribution on a low-aspect wing in
oscillatory motion in subsonic flow such as the mode function
method,2 the discrete element method,3 and an improved
doublet lattice method, i.e., the doublet-point method.4 How-
ever, these methods are not appropriate for treating the non-
linear aeroelastic problems of low AR wings in subsonic flow.

As the need for improved nonlinear dynamics and aero-
elastic analysis of the low AR wings has increased, the con-
sequent need for unsteady dynamic stall data for three-di-
mensional wings has become increasingly more important. To
meet these needs, an experimental investigation of a three-
dimensional model undergoing pitch oscillations and dynamic
stall has been performed in the Duke University low-speed
wind tunnel.

Early experimental studies for oscillating two-dimensional
airfoils have provided a great deal of important information
on the physical mechanisms involved in dynamic stall. 1-5~1( )

The theoretical unsteady aerodynamic models for two-di-
mensional airfoils undergoing stall are semiempirically based
on experimental data. The capabilities of a few commonly
used unsteady aerodynamic models have been reviewed.11

In the present work, the main emphasis is on surface pres-
sure measurements and construction of an unsteady aerody-
namic theoretical model from these experimental data. The
experimental model includes two parts: 1) a NACA 0012 wing
of 10 in. chord and 15 in. span and 2) a root support mech-
anism with sinusoidal wing oscillation about its quarter-chord
axis. The wing was vertically supported as a cantilever from
the bottom of the wind tunnel. The instantaneous pressure
data were obtained using a set of upper and lower pressure
taps and corresponding pressure transducers at several span-
wise locations extending from the tip region to the inboard
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region. The integrated pressure results are presented in the
body-fixed coordinate system and the resultant integrated loads
represented by the pitching moment CM and the normal-force
coefficient CN. The lift and moment coefficients C/ and Cm
are expressed in terms of a set of first and second ODEs. The
coefficients of these equations are determined by an improved
identification technique based on experimental data obtained
from fluctuating pressure signals.

The measured pressure distribution along both the chord
and span is described and discussed. Comparison between
steady and unsteady experimental results for both lift and
pitch moment coefficients was made. The effects of span wise
position on aerodynamic behavior have been analyzed. A
theoretical linear and stall aerodynamic model for a low AR
wing model was constructed and its predictions examined in
the light of the experimental data. The agreement between
theory and measured data is excellent for the linear aerody-
namic model; for the stall aerodynamic model, the agreement
is reasonable though there is some contamination due to small
amplitude random-like oscillations in the lift and moment of
the stalled experimental data. The present identification tech-
nique needs to be further improved, although the "contam-
ination" or noise is inherent in the turbulent flow that dynamic
stall creates.

II. Description of Experiment
All steady- and unsteady-state response tests of the three-

dimensional wing model were performed in the Duke Uni-
versity low-speed wind tunnel. The wind tunnel is a closed-
circuit tunnel with a test section of 2.3 x 1.75 ft2 and a length
of 5 ft. The maximum airspeed attainable is 293 ft/s. The
stagnation temperature of the airstream is held constant over
the range 60-100°F by means of an external air exchange
system, and the tunnel stagnation pressure equals atmospheric
pressure at the low Reynolds number operating conditions.
For the present test, the Reynolds number was 0.52 x 106

and the reduced frequency cob/U was varied up to a value of
0.385. The wing model was constrained so that sinusoidal
oscillation in pitch could be imposed about an axis passing
through the quarter-chord location from the leading edge.

A. Model and Pitch Excitation
The three-dimensional NACA 0012 wing model measuring

10 in. chord, 15 in. span was mounted vertically across the
test section from the tunnel floor. The wing is constructed
from an aluminum alloy box spar beam with a cross section
1.5 in. wide, 0.75 in. high, and 0.125 in. thick, nine pieces of
NACA 0012 airfoil plate, and an aluminum sheet 0.01 in.
thick covering the entire chord and span that provides the
aerodynamic contour of the wing. The pieces of the airfoil
plate are made of aluminum alloy with 0.25 in. thickness and
by using special manufacture. There are 20 orifices of 0.046
in. diameter for pressure taps that are symmetrically distrib-
uted over the upper and lower surfaces, respectively. The
orifice positions in terms of percentage chord from the leading
edge are 0.025, 0.075, 0.125, 0.2, 0.3, 0.4, 0.5, 0.6, 0.7, and
0.8. They are mounted on the box spar beam by four bolts
along the wingspan of 0.9, 0.75, and 0.5 percentage span from
the root to the tip of the wing. Sixty plastic tubes with 0.046
in. i.d. and connecting elements are permanently bonded on
the 60 orifices of the three airfoil plates by epoxy. After
installing each set of orifice and tube, they were all sealed
and the sealent was sanded smooth to conform to the local
airfoil contour. The 60 tubes exited the wing root through the
chamber of the box spar beam and were connected to the
input end of a 60/20 channels air switch. The output end of
the switch is connected to 10 pressure transducers. A bracket
is fixed on the root end of the box spar beam by four bolts
and epoxy. The bracket is mounted on a pitch oscillatory
shake table.

The pitch excitation was performed by a pitch oscillatory
shake table that is mounted to a very heavy support frame
that is attached to the ground. The shake table is driven using
a dc servomotor through a cam. The driving frequency is
controlled by a D/A NB-MIO-16 system with a Macintosh
Ilci computer. Also, the pitch amplitude can be adjusted. A
nearly pure single harmonic excitation in the pitch direction
is provided.

B. Measurement and Calibration
The static and oscillatory pressure measurements used in

this test were the relative pressure between the lower and
upper wing surfaces. Using a 2 ft length of plastic tubing with
0.046 in. i.d., the pressure taps on the model surface were
connected to the input end of a 60/20 channel air switch lo-
cated outside the tunnel. For each spanwise measurement
section, there are 10 pressure measurement channels corre-
sponding to upper and lower chordwise distributed taps. Be-
cause of the symmetrical airfoil used, the pressure difference
between the upper and lower surface for a certain chordwise
position is indicated by a relative pressure transducer, rather
than a single-surface transducer relative to ambient pressure
(atmospheric pressure). Here only 10 OMEGA PX163 pres-
sure transducers were used in this test for measuring instan-
taneous pressure data of the three spanwise sections through
an air switch.

The transducer measures pressure in a very low range, ±5
in. H2O, and features excellent sensitivity with a nominal
value of 13.84 V/psi at 9 V excitation, which is much higher
than the sensitivity of the miniature pressure transducer (0.01
V/psi) that was used in Ref. 8.

A 60/20 channel air switch is used to switch between span-
wise measurement sections for each test. This switch has three
switching positions corresponding to 90, 75, and 50% span-
wise section of the wing. Experience indicates that the air
leakage in the switch may be a very important problem. As
shown in a leakage test, the air leakage is irregular and leads
to pressure interaction between adjacent channels. After some
development, a more completely sealed and reliable air-switch
configuration was used in this test.

The dynamic response of the pressure tubing between the
orifice on the model surface and the entrance of the air switch
has been considered. When the airstream speed is less than
50 m/s and the oscillation frequency is less than 20 Hz, the
dynamic effect is negligible.

Prior to testing, all pressure transducers were individually
calibrated. The wind tunnel provided an exact pressure head
from 0.4 in. H2O to 2 in. H2O, relative to local atmospheric
pressure. The output data of each transducer subjected to
these pressures were recorded. The calibration curves are
essentially linear.

In addition to static calibrations, no-flow dynamic tests were
performed at each incidence and frequency combination to
obtain a dynamic calibration curve. However, the pressure
sensor specification indicates that the stability, shock, and
vibration behavior are suited to applications requiring exact
measurement of pressure, even under dynamic conditions,
and this proved to be the case.

The pitch angular displacement was measured by a rota-
tional velocity/displacement transducer (RVDT) that is fixed
at the pitch axis end of the oscillatory shake table.

The angular displacement transducer was also calibrated
that showed excellent linear response characteristics (0.26%)
and high sensitivity (12 deg/V).

C. Data Acquisition
The output of each pressure transducer and pitch angular

displacement were directly recorded on a Macintosh Ilci com-
puter through a data acquisition package, NB-MIO-16, which
consisted of a 16-channel analog-to-digital (A/D) plug-in in-
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Fig. 1 Schematic view of the data acquisition system.

terface board, a BNC termination box, and data acquisition
and analysis software, Lab VIEW. The sampling rate (points
per oscillatory cycle) was 50 points. The total number of data
points was 6400. Normally, data from more than 100 cycles
of wing model oscillation were recorded for reduced fre-
quencies above 0.05. All statically calibrated data and null
offset voltages of the pressure transducers at the beginning
are stored in the computer for analysis. A schematic view of
the data acquisition system is shown in Fig. 1.

Because of unavoidable freestream irregularities, each cycle
of pressure measurements was found to be slightly different
in the range below the stall angle of attack and distinctly
different in the stalled portion of the cycle. In order to remove
this randomness from the pressure data, an ensemble-aver-
aging procedure over a number of cycles was carried out. The
lift-force and pitching-moment coefficients are calculated by
ensemble averaging the total number of recorded 100 cycles
and then integration of these pressures over the airfoil.

It was observed during the course of the test that a turbulent
fluctuating pressure was found at angles of attack beyond stall
onset both for steady- and unsteady-state responses. It is be-
lieved to be associated with flow separation and vortex pas-
sage over the leading-edge region.7 In this case we used a
four-channel signal analyzer (SD380) to acquire the aerody-
namic pressure transfer function (output pressure difference/
input pitch angle) for each chordwise position on the model
surface. This analyzer has an ac-coupled function and a higher
data acquisition specification than that of the NB-MIO-16
package. It provides a direct measurement of the transfer
function, which is defined as the ratio of the averaged cross
spectrum of the input-output to the averaged input power
spectrum. The reason is described in Sec. III.

III. Differential Equation Modeling of Aerodynamics
In the experimental results for a low AR wing, the aero-

dynamic coefficients are functions of the reduced frequency

k and span wise location y. The static lift coefficient Cz0 is
defined in two domains: 1) the linear domain, for 0 < as,
where Cz() = a0(y)0 and 2) the stall domain. Let AC2 be the
difference between the linear characteristic extended up to
the maximum incidence and the true lift coefficient Cz():

AC, - 0 if 0 < as
otherwise

Similar to the two-dimensional ONERA linear aerody-
namic model equation, these lift and pitch moment coeffi-
cients can be determined by using the following first- and
second-order differential equations for a given spanwise air-
foil section:

c, = czl + cz2 + Sztre
f S~< _i_ \ /^ _ l ^ , / 3fTCzl -I- AzCzl — Aza()C/ - tT8zO

t2Cz2 + dztTCz wzCz2 = - wz AC2 + eztT
dACz

88

(2)

(3)

(4)

where tr = blu and the coefficients of the equations are func-
tions of the spanwise position.

If the wing remains at low incidence, 6 < as, (ACZ = 0),
one retains a linear unsteady equation [Eqs. (2) and (3)].

We now assume simple harmonic motion, i.e.,

6 = 6xeikT (5)

where k = b27ra)/u, r = utlb.
Substituting Eq. (5) into Eqs. (2) and (3), the transfer func-

tion for the pitch oscillations is

= c,ie.

+ ik-^ (Az + k2)sz
\2 + k2 (6)
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The measured aerodynamic transfer function is expressed
as

H(k) = + i Im^A:)

Because of the simple harmonic motion of both input and
output signals, the measured aerodynamic transfer function
is determined from the ratio C//0, of the output to input am-
plitude and the phase shift i/r between output and input signals.
That is,

Re,(fc) = \C,/6S cos

lm{(k) = | CtIOs|sin

(7)

(8)

A Gauss-Newton method, or a nonlinear least-square curve-
fitting program is used to determine the coefficients, Az, 52,
fl0, szj and yz.

If the wing is at high incidence, 0 > as, (AC2 ± 0), a stall
nonlinear unsteady equation [Eq. (4)] must be considered.
The coefficients dz, wz, and ez can be obtained using an iden-
tification technique of the model through tests at small am-
plitude motions. For small amplitude (0S < 1 deg) sinusoidal
pitch oscillation of the model, the aerodynamic responses
approach a sinusoidal shape, even in the stall regime. Indeed,
the relative amplitudes of the higher harmonics are negligible
in the whole range of mean incidences 00 and reduced fre-
quencies k of the test. This property is important in the iden-
tification process.

The residual real and imaginary components of the aero-
dynamic transfer function for the stall equation part are de-
fined as

AIm(/c) = Im(A:, 00)test ~~ Im^fc, 00)

r dAC
I Wz

= A: (10)

where Re, (A:, 00) and lm{(k, 00) are determined using the
identified parameters from the linear unsteady aerodynamic
equations.

In fact the measured real and imaginary parts, Re(/c, 00)test
and Im(A;, 00)test, include the aerodynamic pressure noise due
to a stalled unsteady state. The measured data show that the
input can be regarded as a pure sinusoidal signal and the noise
is only involved in the output pressure signal. Thus, this method
needs to be modified, as described next.

Let the aerodynamic noise be a stationary random process
with a zero-average value, defined as rj(t) . The output pres-
sure difference on the wing surface and the input pitch angle
can be represented as

Ap0(0 + 17(0

0(0 = 00 + 0, sin(27Tfttf)

The aerodynamic transfer function, H(k) is defined as the
ratio of the cross power spectral density (PSD) of output-
input, to the auto PSD of the input

where See(k), Spp(k), and Spe(k) are the measured auto-PSD
of the input, output, and the cross-PSD; and S0e(k), Spp(k),
and Spe(k) are the corresponding true values of PSD. S^(k)
and &Sp0vl(k) are the noise auto- and cross-PSD.

If the aerodynamic noise is independent of the input and
output signals, the term, &Sp0rt(k), of the noise cross PSD
should be zero. If the aerodynamic noise is dependent of the
input and output signals, increasing the ensemble-averaging
number will effectively reject noise.

This procedure is also suited for the moment coefficient
Cw, in which the subscript z of the previous equations and
the coefficients is replaced by ra.

IV. Steady-State Results
Steady test data have been presented as lift, drag forces,

and pitch moment about the quarter chord in terms of normal
and chordwise components in a fixed coordinate system. The
measured pressure coefficient Cp response vs incidence angle
from 2 to 28 deg and various chordwise locations for several
span wise locations were made. A typical example for y =
0.75 is shown in Fig. 2. The freestream velocity is 20.56 m/s.
Cp is defined as the pressure difference A/? between upper
and lower surfaces divided by the freestream dynamic pres-
sure q. It was found that the maximum pressure difference is
located at x = 0.025 and decreases as x increases up to the
trailing edge of the wing model. When the incidence angle is
less than 16 deg (i.e., the static stall angle, as = 16 deg), the
data were quite smooth and repeatable. When it is greater
than as there is a large scatter in the pressure measurement,
especially in the range of the leading edge. The data plotted
in Fig. 2 are average values for large incidence. The turbulent
pressure due to the airflow separation at the leading edge is
characterized by a von Karman spectrum with zero mean
value.

The spanwise effect on the measured pressure distribution
for unstalled and stalled state was found. For the unstalled
case, the pressure distribution approaches that of a two-di-
mensional airfoil when the spanwise location varies from the
tip region to the inboard region. At y = 0.9 (near tip), the
pressure difference near the trailing edge has a distinct var-
iation, i.e., it becomes larger at x = 0.7, and smaller at x =
0.8. This is because there is a reverse flow near the wingtip.
For the stalled case, the previous phenomenon is also existent
and the high pressure at the leading edge decreases. The
pressure distribution along the chord becomes flatter than for
the unstalled case.

Figures 3-5 show the lift, drag, and pitch moment coeffi-
cients for three spanwise locations. All chordwise data show
excellent repeatability for an incidence angle lower than 16
deg. However, for a higher angle of incidence the data appear
to be seriously contaminated by the turbulent aerodynamic
noise. We use a bar in these figures to indicate the fluctuation

0.1 0.2 0.3J-J 0 4 ^~""<--
chord,' x/cP-5 0.6

15.,incidence,deg

^) = T77X ^ (11) Fig. 2 Steady pressure coefficients chordwise distribution vs inci-
dence for y = 0.75.
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magnitude of the pressure variation. The local static lift-curve
slope [a0(y) = C,(y)/0] are 2.87, 3.61, and 4.02 at y = 0.9,
0.75, and 0.5, which differs substantially from the results for
the two-dimensional NACA 0012 airfoil. It is believed that
when y —> 0, the lift-curve slope approaches 5.73, and when
y -» 1, the lift-curve slope approaches 0.

The stalled irregular patterns appearing in both the forces
and moment coefficients are similar to those from the two-
dimensional results of earlier investigators. For convenient

1.60 -

1.20 -

0.80 -

0.40 -

0.00
0.00 5.00 10.00 15.00 20.00 25.00 30.00

incidence, 00 (deg)

Fig. 3 Static lift coefficient vs incidence angle.

0.10

0.05

0.00

-0.05

y=.9, a y=.75, a y=.5

0.00 5.00 10.00 15.00 20.00 25.00 30.00
incidence, 00 (deg)

Fig. 4 Static pitch moment coefficient vs incidence angle.
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o 0.20

0.10

0.00

y=.9, a y=.75, a y=.5

0.00 5.00 10.00 15.00 20.00 25.00 30.00
incidence, 00 (deg)

Fig. 5 Static drag coefficient vs incidence angle.

application a formula for the stalled lift coefficient CzQ(y) is
constructed

= E ci(<> - «,)' (12)

where c0, . . . c4 are determined by the least-square curve-
fitting method. The results are listed in Table 1.

The lift coefficient can be expressed as

U(y)6 if 6< 16 deg
\C20(y) otherwise

For the pitch moment coefficient, it is expressed as

(13)

bt(y)0

bs(y)(e - 16 deg)

if 6 < 16 deg
if e > 18 deg
if 18 deg > 9 > 16 deg

(14)

where £0, bl . . . are listed in Table 2.

V. Unsteady-State Results
The unsteady aerodynamic response data were acquired

from an oscillating wing model. The oscillatory frequency
varied from 2 to 14 Hz with the pitch amplitudes, Bs = 1,3,
and 6 deg. The airstream velocities are 20.56 and 28.51 m/s.
The measured unsteady response data included two parts: 1)
unstalled and 2) stalled data. These data were used to identify
and construct the linear and nonlinear (stall) aerodynamic
model, i.e., a set of differential equations for a low AR wing
model. The effect of spanwise aerodynamic forces is modeled
in the aerodynamic coefficients in these equations.

A. Unstalled Aerodynamic Responses
A typical example of the unsteady pressure time history

(one oscillatory cycle) obtained in this test is shown in Fig. 6
for a mean incidence angle 00 = 9 deg, 6S = 6 deg, a) = 4
Hz, k = 0.17, and y = 0.75 (it is not shown for y = 0.9 and
0.5). In this figure, the maximum response trace was located
at the first chord wise station at x = 0.025. The motion is
sinusoidal. The response amplitude decays with increasing x.
The minimum response is located at x = 0.7 for y = 0.9 and
at x = 0.8 for y = 0.75 and 0.5. The reason for this behavior
has been discussed previously in Sec. IV. For response traces
corresponding to different chordwise stations, there is a slight
phase shift relative to the first chordwise station.

The integrations of the chordwise pressure distribution were
performed after verifying the cycle-to-cycle repeatability of
the individual pressure transducer responses. A cycle-aver-
aging procedure was used to smooth the pressure signals, in
order to obtain a mean representation of the cyclical lift and

Table 1 Polynomial coefficients for static lift coefficient

0.90
0.75
0.50

0.8032
0.9772
1.0747

0.05909
0.14810
0.17609

-0.01952
-0.07468
-0.08652

0.00282
0.01084
0.01135

-0.00013
-0.00047
-0.00045

Table 2 Polynomial coefficients for pitch moment coefficient

0.90
0.75
0.50

0.0114
0.00774
0.00699

0.00228
0.00372
0.00407

0.01582
-0.01036
-0.00924

-0.00389
-0.00243
-0.00202

0.04711
0.06722
0.07211

-0.015610
-0.038790
-0.040675
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Table 3 Coefficients of linear aerodynamic equation

y
0.90
0.75
0.50

y
0.90
0.75
0.50

flo
2.87
3.61
4.02

Table 4

b0

0.13
0.21
0.23

A,

0.0469
0.0772
0.0973

&z
2.4050
3.0121
3.4126

yz
23.5012
21.1647
17.49

sz

-3.7797
-4.6957
-5.928

Coefficients of stalled aerodynamic equation

A,,,
0.0108
0.117
0.121

8,»
0.0053
0.0192
0.0879

ym
1.1329
1.5403
1.9907

sm

-0.3261
-0.4515
-0.6065

Cp

phase angle, rad. 0.1

Fig. 6
for 00

Unsteady pressure coefficient chordwise distribution vs time
= 9 deg, Os = 6 deg, c* = 4 Hz, k = 0.17 and y = 0.75.

moment responses. In order to obtain a good signal/noise ratio
(SNR) for identifying linear unsteady equations, a larger ex-
citation amplitude is used in the test. The reduced frequency
varies from k = 0.08 to 0.35. The other parameters are 00 =
9 deg, u = 20.56 m/s, Os = 6 deg, and y = 0.5, 0.75, and
0.9. From these data, the real and imaginary parts of aero-
dynamic transfer function relative to the input pitch oscillation
can be determined. The results obtained by a nonlinear least-
square curve fitting method using several reduced frequency
data are listed in Tables 3 and 4.

Figure 7 shows the aerodynamic transfer functions of the
unsteady aerodynamic forces as they vary with reduced fre-
quency k. In these figures, a) is for the real component and
b) is for the imaginary component for different spanwise sta-
tions y = 0.9, 0.75, and 0.5. The theoretical curves in Fig. 7
are obtained from Eq. (6) in which the coefficients are de-
termined by a nonlinear least-square curve-fitting program
from a number of experimental data (k = 0-0.385). The static
experimental data a(}(y) for A; = 0 are the constrained con-
ditions for the present curve-fitting program. The agreement
between theory and experiment is good.

From the cycle-averaged time histories of lift and pitch
moment coefficients and pitch excitation signal, we can obtain
the lift and moment hysteresis loop plots. A typical theoretical
and experimental lift and moment hysteresis loop plots are
shown in Fig. 8 corresponding to 00 = 9 deg, 6S = 6 deg at
y = 0.75 and a higher reduced frequency k = 0.35. A quantity
that represents the degree of hysteresis is given by the pitch
aerodynamic damping £. It is defined as

(15)

The pitch aerodynamic damping term represents the trans-
fer of energy between the wing pitching motion and the sur-

a)

*

5.00

4.00

3.00

2.00

1.00

0.00

2.00

1.50

1.00

0.50

0.00

-0.50

theory -- test a y=.5
a y=.75
• y=.9

0.00 0.10 0.20 0.30 0.40
reduced frequency, k

0.50

theory -- test B y=.5
D y=.75
• y=.9

b)
0.00 0.10 0.20 0.30 0.40

reduced frequency, k
0.50

Fig. 7 Lift transfer function of unsteady aerodynamic force vs re-
duced frequency for a) real and b) imaginary parts.

2.00

1.60

1.20

0.80

0.40

0.00 I-—
0.00

— theory, Q test

a)
5.00 10.00 15.00

incidence, 0 (deg)
20.00

o

0.15

0.10

0.05

0.00

-0.05

-0.10

— theory, a test

0.00 5.00 10.00 15.00
incidence, 0 (deg)

20.00

Fig. 8 Hysteresis loop plots for 00 = 9 deg, 0S = 6 deg, k = 0.35
at y = 0.90 for a) lift and b) moment.

rounding unsteady flow environment. When £ is positive, the
airstream makes the wing pitch motion stable. Conversely, a
negative value of £ represents unstable motion. From these
hysteresis loop plots, it is found that near the inboard portion
of the wing, there is a larger positive aerodynamic pitch damp-
ing.

The pitch aerodynamic damping parameter £ was deter-
mined by performing a Fourier analysis of the measured pitch
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moment response and then substituting the first harmonic
component into Eq. (15). Figure 9 shows the variation of
aerodynamic damping parameter vs k for 00 = 9 deg, 6S =
6deg, andy = 0.5,0.75, and 0.9. The damping values increase
with increasing reduced frequency, but do not have the linear
relationship with k as predicted in the two-dimensional linear
aerodynamic theory (f = &7T/2), see Ref. 12.

As shown in Fig. 9, the effects of the spanwise location on
damping are not neglected. £ decreases as the spanwise lo-
cation moves from the inboard region to the tip of the wing.
The results for y = 0.5 are slightly closer to the theoretical
values obtained from two-dimensional linear prediction than
those for y = 0.75 and 0.9.

B. Stalled Aerodynamic Responses
During the previous steady test, static stall behavior has

been observed. When the mean incidence angle of the oscil-
lating wing model is greater than the static stall angle, the
unsteady aerodynamic behavior is characterized by stalled
nonlinear aerodynamics. The aerodynamic responses have a
more complex shape and depend upon the mean incidence
angle. Following Fig. 6, when the mean incidence angle is
0() = 21 deg rather than 9 deg, the time histories of unsteady
pressure at each transducer station are shown in Fig. 10 for
y = 0.75 (it is not shown f o r y = 0.5 and 0.9). By comparison
of Fig. 10 with Fig. 6, although the single harmonic motion
of the pressure distribution has disappeared, there is still pe-
riodic motion, but now with multiple harmonic components.
The dominant frequency component is 5.87 Hz, that is iden-
tical with the pitch excitation frequency. The pressure distri-

0.40

0.30

, °-20

as

0.00

y=.9, A y=.75, . y=.5 (00=9°

0.00 0.10 0.20
k

0.30 0.40

Fig. 9 Variation of aerodynamic damping with reduced frequency
for 00 = 9 deg, 0, = 6 deg, at y = 0.5, 0.75, and 0.9.

phase angle, rad.

Fig. 10 Unsteady pressure coefficient chordwise distribution vs time
for 00 = 21 deg, 0V = 6 deg, w = 4 Hz, and k = 0.17. For y = a)
0.9, b) 0.75, and c) 0.5.

bution along the chord becomes flatter. The pressure variation
near the trailing edge at y = 0.9 has a substantial distortion
from the unstalled case. The reverse flow at the tip of wing
model becomes stronger than that for small incidence angle.
The magnitude at x = 0.8 is larger than that at x = 0.7 for
the entire cycle.

From the measured stalled response data, the comparison
of the pressure distribution along the span at the first chord-
wise station x = 0.025 was made. The resultant amplitude at
y = 0.5 is larger than that at y = 0.9 and decreases with
increasing^. The relative position for maximum and minimum
pressure point in one cycle varies with the span. This means
the phase shift relative to the pitch oscillation for the dominant
component increases with decreasing y. Also, the stall be-
havior of the time histories of the averaged cyclical lift and
pitch moment coefficients vs the several mean incidence an-
gles, 00 = 9, 13, 18, and 21 deg, for k = 0.088, 0, - 6 deg,
u = 20.56 m/s, and y = 0.5, 0.75, and 0.9 was observed. The
evolution process for the stalled aerodynamic response from
a single harmonic motion to a periodic motion is clearly found.
At 00 = 13 deg, the true incidence angle is partially involved
in the unstalled and stalled portions for a whole cycle pitch
motion. The 5.87-Hz frequency component is more dominant
than at 00 = 18 and 21 deg. The lift response approaches to
a single harmonic motion. Although there is a larger pressure
variation near the trailing edge at y = 0.9 due to the onset
of stall, the lift coefficient variation along the span is not
significantly different from the unstalled case. This is because
the contribution of trailing-pressure distribution to the lift
coefficient is smaller than the major pressure in the leading-
edge region. However, in contrast to the lift coefficient, the
pitch moment coefficient (about the quarter chord) is quite
sensitive to the chordwise pressure distribution. The moment
response appears to have a stronger nonlinearity beginning
at 00 = 13 deg, especially for the y = 0.9 position. The
moment response is much more complex than those for y =
0.75 and 0.5. Due to the small scale the moment curve is not
very smooth as compared with the lift curve.

The identification of the stalled nonlinear differential equa-
tion based on Eq. (9) and Eq. (10) is very difficult due to the
small amplitude motion and the contamination from the aero-
dynamic noise. As mentioned previously, an improved data
acquisition method is used to obtain the real and imaginary
components of the aerodynamic transfer function for small
amplitude motion in the stall regime.

A typical example of the time histories of unsteady pressure
response obtained in this test is shown in Fig. 11 for 0y = 1
deg and several mean incidence angles, 00 = 9, 13, 16, 20,
23, 26, and 28 deg. Other test parameters were u = 20.56 m/
s, 01 = 5.87 Hz, k = 0.237, y = 0.5, and x = 0.075. In this
figure the top trace is for 00 = 28 deg. At the bottom of the
figure is the angular displacement time history relative to the
mean incidence angle.

In the region of low mean incidence angle 00 < 16 deg, the
responses are essentially simple single harmonic motion with-
out noise contamination. The response amplitudes are iden-
tical for different mean incidence angle as shown in traces of
00 = 9 and 13 deg. When 0() = 16 deg, the response amplitude
decreases, but the motion retains a sinusoidal pattern. The
random noise is small. From 0() = 20-28°, the signals are
contaminated by the aerodynamic noise due to stall. The de-
gree of contamination increases with increasing mean inci-
dence angle. From the PSD plots, it is found that at 00 = 13
deg, the background noise is negligible and the SNR reaches
above 40 dB. At 00 = 26 deg, the background noise is sig-
nificant and the SNR is only about 20 dB.

Using Eq. (11), the pressure transfer function was sub-
stantially improved after ensemble averaging over 200 reali-
zations. From a typical example, x = 0.075, y = 0.5, A: =
0.17, 00 = 21 deg, and 0, = 1 deg, it is found that the turbulent
random noise in the real and imaginary components of the
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Fig. 11 Pressure time histories vs incidence angles for u = 20.56
m/s, 0, = I deg, M = 5.87 Hz, k = 0.237 at.y = 0.5 and x = 0.075.
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Fig. 12 Pressure transfer function vs chordwise locations for 00 =
23 deg, Os = 1 deg, k = 0.224: a) for real part and b) for imaginary
part.

pressure transfer function is mostly rejected as the average
number increases up to 200.

Figure 12 shows the real and imaginary pressure distribution
of the aerodynamic transfer function for 00 = 23 deg, Os =
1 deg, k = 0.224 at y = 0.9, 0.7, and 0.5. Similar to the
results obtained for larger amplitude excitation at high mean
incidence angle, the pressure distribution along the chord is
flatter than for small 00. The maximum pressure amplitude

at the leading edge decreases and the trailing-pressure am-
plitude increases. From different k values, k = 0.079, 0.118,
0.158, 0.197, 0.237, 0.275, 0.316, and 00 = 23 deg, Os = 1
deg, we can obtain a set of measured data to identify the
stalled aerodynamic model using Eqs. (9) and (10).

The residual transfer functions for the stalled part, ARe(C//
0) and AIm(C//0), vs reduced frequency k are shown in Fig.
13. For 00 = 23 deg, (dAC2/d0) is 1.616, 0.6747, and 2.369
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Fig. 13 Lift residual transfer function vs k for 00 = 23 deg, 6S = 1
deg: a) for real residual part and b) for imaginary residual part.
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Fig. 14 Lift residual transfer function vs k for Os = 1 deg and several
00 at y = 0.75: a) for real residual part and b) for imaginary residual
part.
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aty = 0.9, 0.75 and 0.5, respectively. There are some special
points in Fig. 13a that are very useful for solving the nonlinear
least-squares equation. The points corresponding to ARe(C//
0) = 0 are kcl = 0.11, 0.145, and 0.185 for y = 0.9, 0.75,
and 0.5, respectively.

For other mean incidence angles, 00 = 13, 16, 23, and 28
deg, the stalled transfer functions are also measured. The
results are shown in Fig. 14 for y = 0.75. When 00 = 13 deg
there is no onset of stall, the residual real and imaginary
components of lift for the stalled part are almost zero. The
residual values of ARe and Aim increase with increasing 00.
These measured data were also used to identify the stalled
aerodynamic model equation. The results are shown in Fig.
15, which display the coefficients, vv2, dz, and ez in the stall
equation vs the mean incidence angle. From these figures, it
is found that the typical coefficient is a nonlinear function of
mean incidence angle, i.e., it depends on the static lift coef-
ficient difference AC2. As compared with the results from
two-dimensional airfoil, the general trend is the same, but
there is a quantitative difference due to different static lift
behavior.

To assess the ability of the generalized ONERA model to
predict aerodynamic response for large motions (9S = 6 deg)
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Fig. 15 Coefficients of stalled lift equation vs incidence angles for a)
wz, b) dz9 and c) e,.

based upon coefficients determined from small motion (6S =
1 deg), consider the following. Some typical stalled hysteresis
loop plots are shown in Figs. 16 and 17 for 00 = 23 deg, Os
= 6 deg at y = 0.75, and k = 0.088 and 0.35. For the lower
reduced frequency, there is a "°°" pattern hysteresis loop both
for the lift and moment coefficients as shown in Fig. 16. The
negative and positive aerodynamic damping are alternatively
generated in a cyclical pitch oscillation. The agreement be-
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Fig. 16 Hysteresis loop plots for 00 = 23 deg, Os = 6 deg, k = 0.088
at y = 0.75 for a) lift and b) moment.
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Fig. 17 Hysteresis loop plots for 00 = 23 deg, Os = 6 deg, k = 0.35
at y = 0.75 for a) lift and b) moment.
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Fig. 18 Variation of aerodynamic damping with reduced frequency
for 00 = 21 deg, 0S = 6 deg at y = 0.5, 0.75, and 0.9.

tween theory and experiment is reasonable, but not perfect.
This is because the present identification method is based on
the small amplitude motion. The measured data used in the
identifying process were seriously contaminated by aerody-
namic noise due to stall. The input data with a smaller SNR
will lead to a larger identification error. The identification
technique for the stall aerodynamic model needs to be further
improved.

In terms of these measured moment loop plots, the aero-
dynamic damping for the stalled case is also determined. Dif-
fering from the method in Fig. 9, we directly use a loop
integration to obtain a hysteresis area. The area enclosed by
the clockwise traversed path provides a positive damping and
by the counterclockwise subloop provides a negative damp-
ing. The resultant damping is proportional to the area dif-
ference between these two.

In contrast to the unstalled case, as shown in Fig. 9, Fig.
18 shows the variation of aerodynamic damping parameter vs
k for 00 - 21 deg, Os = 6 deg, and y = 0.5, 0.75, and 0.9.
The damping values are substantially influenced by the re-
duced frequency and mean incidence angle. The damping
does not have a general variation rule with increasing k and
00. In a typical example shown in Fig. 18, the damping reaches
a minimum value at k = 0.088 and approaches zero at y =
0.9. The magnitude of the damping is smaller than that for
the unstalled case. The qualitative trend of £ with y seems to
be consistent with Fig. 9.

VI. Conclusions
An experimental investigation of three-dimensional un-

stalled and stalled aerodynamic behavior has been conducted
for a low AR wing model. The measured pressure distribution
data on the wing model surface along both the chord and span
are used to construct an unsteady stall aerodynamic model.
The results lead to the following conclusions:

1) The ONERA semi-empirical model for unsteady aero-
dynamics in the stall regime has been extended to three-di-
mensional flow.

2) A substantial body of unsteady aerodynamic experi-
mental data has been obtained that will be useful in evaluating
the ONERA model as well as other aerodynamic models for
three-dimensional stalled and unstalled flow.

3) Qualitatively, the results obtained for this simple three-
dimensional wing are similar to the corresponding data for
the two-dimensional airfoil.

4) It would be of interest to extend these measurements
and modeling to higher speed flow and more complicated wing
planforms.
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